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Abstract
NASA Langley Research Canter began an ex-
v	 tensive program in the early nineteen seventies
to measu re unsteady pressures on lifting sur-
faces in transonic flew.	 Four semispan wing
model configurations were studied in the Tran-
sonic Dynamics Tunnel (TDT). The first model
had a clipped delta planform with a circular arc
airfoil, the second model had a high.-aspect-
ratio planform with a supercritical airfoil, the
third model had a rectangular planform with a
supercritical airfoil and the fourth model had a
high-aspect-ratio planform with a supercritical
airfoil. To generate unsteady flow, the first
and third models were equipped with pitch oscil-
lation mechanisms and the first, second and
fourth models were equipped with control surface
oscillation mechanisms. The fourth model was
similar in planform and airfoil shape to the
second model, but it is the only one of the four
models that has an elastic wing structure.
This paper describes the unsteady pressure
studies of the four models and presents some
typical results for each model. Comparison of
selected experimental data with analytical re-
sults also are included.
Nomenclature
b	 wing span, m
c	 wing chord, m
CL
	total wing lift coefficient
Cp	 pressure coefficient, (p-p„)/q
f	 wing pitch frequency, Hz
k	 reduced frequency, cm/2V
M	 freestream Mach number
p	 local static pressure, kPa
Pm	 freestream static pressure, kPa
q	 freestream dynamic pressure, kPa
R	 Reynolds number based on wing average
chord
t/c
	
thickness-to-chord ratio
V	 freestream velocity, m/sec
x/c	 fractional chord
a	 pitch oscillation amplitude (peak), deg
ao	 mean angle of attack, deg
ACP	lifting pressure coefficient
(difference between lower and upper
surface pressure coefficients)
IACpl	 magnitude of lifting pressure
coefficient
a	 control surface oscillation amplitude
(peak), deg
60	mean control surface static angle.
positive trailing edge down, deg
n	 fraction of semi span
W	 circular frequency rad/sec
namics. A fundamental understanding of the In-
tricate physics of the problem is essential be-
fore we can fully cope with the highly nonlinear
nature exhibited by transonic flow. The under-
standing of unsteady transonic aerodynamics is
needed to incorporate the emerging structural,
servoelastic, and aerodynamic technologies into
the design of energy efficient transports, high
performance and highly maneuverable fighter air-
craft. There have been many accomplishments in
unsteady transonic aerodynamics by researchers
in the past decade as attested to in the excel-
lent list of references of Edwards, Bland, and
Seidel (ref. 1).
In the early nineteen seventies, NASA
Langley Research Center began an extensive pro-
gram to study experimentally unsteady transonic
pressures on lifting surfaces. The purposes of
these experimental studies were to obtain a
large data base of pressure measurements that
would assist in the design of advanced configu-
rations and would help validate unsteady tran-
sonic aerodynamic analysis methods that are un-
der development. Four large wing models have
been tested under he current program and a
photograph of each model is shown in Figure 1.
The program began with two highly sophisticated
semispan wing models. The first model was a
highly swept, sharp-ieading-edge, clipped delta
planform configuration capable of being oscil-
lated in pitch. z
 Two control surfaces, one
leading-edge and one trailing-edge, could be os-
cillated independently. The second model was a
moderately swept, rounded-leading-edge, high-
aspect-ratio planform configuration equipped
with multiple leading-edge and trailing-edge
control surfaces that could be oscillated inde-
pendently. During the course of these studies,
the need for a more basic wing model with a sim-
ple planform configuration became apparent.
Therefore, the program was expanded to include
an additional semispan wing model. This third
model was an unswept, rounded-leading-edge,
moderate-aspect-ratio, rectangular planform con-
figuration capable of being oscillated in
pitch." All three of these models were made
rigid as possible to minimize elastic deforma-
tions of the models. The program was expanded
further with the selection of an elastic semi-
span wing model. This fourth mo-de-T—was very
similar in airfoil shape and planform to the
second model but had only 3 single trailing-edge
control surface which could be oscilIated.s
Each of these four wing model configurations
have been successfully tested in the Langley
Transonic Dynamics Tunnel (TDT). Both steady
and unsteady pressure measurements have been
made along with some loads data, such as bending
moments and control surface hinge moments, and
tip deflections and twist for the elastic wing.
Introduction
The study of unsteady transonic flow is a
vital and exciting field of research in aerody-
This paper describes the four unsteady
pressure studies accomplished to date. The
physical properties of the four models are de-
scribed and some experimental techniques applied
C
to both model fabrication and unsteady pressure
measurements are discussed. Typical results
from each of the four tests are presented along
with correlation of selected experimental data
with analytical results. In addition, a few
observations are made about future wind-tunnel
pressure stidies at MSA Langley.
FIRST MODEL - CLIPPED DELTA PLANFORM
Wind-Tunnel Model
Wing
The pertinent configuration parameters of
the wing are given in the sketch in Figure 2.
The clipped delta, semi-span, wing had a sweep
angle of 50.45 degrees, an aspect ratio of 2.48,
and a circular arc airfoil with a 6-percent
thickness ratio. The semispan was 1.143 meters
and the root chord was 1.614 meters. The pitch
axis was located at 65.22 percent of the root
chord. At the first wing resonant frequency, 28
lit, there were significant dynamic bending de-
flections outboard of the control surface which
restricted the maximum excitation frequency to
22 Hz.
The wing was constructed of stainless steel
ribs and spars with a Kevlar-epoxy skin and
weighed 53.933 kgm. The trailing edge control
surface was a graphite epoxy structure built
around a step-tapered steel shaft. For the test
reported herein, a dummy leading edge control
was substituted for the movable control.
Wing Mounting and Oscillation System
The wing was mounted on a hydraulically
driven oscillating drive system on the sidewall
of the Langley TDT as shown in Figure 3. The
wing was supported on a tapered shaft which was
oscillated in pitch by a hydraulic system as
shown in Figure 4. A splitter plate was used to
avoid the undesirable tunnel wall boundary layer
flow. A wing fence at the root of the wing was
designed to seal the wing at the puncture with
the splitter plate. The wing static position
and the dynamic amplitude were controlled by an
electro-mechanical system and a hydraulic sys-
tem, respectively. The dynamic system was de-
signed to be operated as a spring-mass system at
a resonance condition in pitching using heavy
tuned springs (see Figurr 4). Precious experi-
ence with driven airfoi is had indicated that a
spring-mass system would be desirable in that it
would result in a lighter loading on the drive
mechanism. In practice the springs were tuned
to only one stiffness and the mechanism was op-
erated at off-resonant frequencies, since it
would have been necessary to enter the tunnel to
change the effective stiffness.It was also
necessary to preload the springs to one degree
deflection to eliminate load reversal in the
system through the range of oscillation ampli-
tude. A separate hydraulic system drove the
control surface position, both static and dy-
namic. Each hydraulic system was controlled by
servo feedback systems.
Instrumentation
The wing was instrumented with 76 dynamic
pressure transducers and 81 steady pressure ori-
fices. The location of the upper surface trans-
ducers and static orifices are shown in Figure
2. There were nine accelerometers mounted in
the wing to measure the dynamic amplitude in-
cluding the effects of deflection due to chord-
wise bending. The control surface deflection
and the model mean angle of attack were measured
with potentiometers. The wing oscillation amp-
litude was measured with a linear variable dif-
ferential transformer. Strain gage bridges on
the wing structure and in the control surface
shaft measured strain and moments for loads mon-
itoring purposes.
Data Acquisition and Analysis
Test Conditions
The wing was tested in the Langley Tran-
sonicDynamics Tunnel (TOT) in Freon* at
M - 0.90, q - 9.34 We and at a Reynold's number
of approximately 10 million based on the mean
chord length of 0.921 m. Boundary layer transi-
tion strips were fixed on the upper and lower
wing surface at 8 percent of local chord from
the leading edge. The grit size varied from
number 70 at the, root to number 90 at the tip.
Data Reduction
The static and dynamic data were recorded
digitally at the rate of approximately 950 sam-
ples per second per channel. Data acquisition
and display were under control of the facility
computers The upper surface steady pressure
measurenents were converted to engineering units
and analyzed during the test. However, the dy-
namic data were analyzed post-test to determine
the Fourier coefficients from which the magni-
tude and phase were determined.
Since this was a symmetric airfoil, all the
transducers were located on the upper surface.
The upper surface pressures were measured at a
positive angle of attack and the lower surface
pressures were obtained from the upper surface
pressures measured at a negative angle of
attack. The lifting pressure distribution
ACp, steady and unsteady, was computed from
the difference of the upper and lower correspon-
ding sets of data.
Steady Calculations
Steady pressure distributions for pitch and
control surface deflections were computed using
the modified three-dimensional, transonic small
disturbance, Bailey-Ballhaus code. This code
has options for modeling a viscous boundary
layer. However, the inviscid option, used in
the present paper, gave the best comparison with
measured data in that the experimental shock lo-
cation is further aft.
*Freon is a registered trademark of E.I. DuPont
de Nemours R Co., Inc. Use of trade names does
not constitute an official endorsement, either
expressed or implied, by NASA.
Results and Discussion
Steady Pressure Results
The experimental and calculated chordwise
pressure distributions of aC are shown in
Figures 5 and 6 for pitch anT control surface
deflection, respectively.
The variation of steady lifting pressure
with angle of attack is shown In Figure 5 for
the three spanwise locations. The symbols rep-
resent the experimental results and the lines
represent the analytical results. Agreement be-
tween the experimental and analytical results
is good for the lower values of co but deteri-
oriates above a a 2 degrees at the outboard
stations. The t%eory is not equipped to handle
what is believed to be vortex flow generated by
the sharp leading edge. This vortex expands to-
ward the outboard stations as no is increased.
The variation of static lifting surface
pressure with control surface angle is shown in
Figure 6 for three spanwise locations. The sym-
bols represent the experimental results and the
lines represent the analytical results.
The agreement between experiment and andly-
sis is reasonable for small values of 6o - t2
degrees.	 However,	 at	 large	 deflection,
6 - t6 deg, the analysis predicts more nega-
t7ve and larger aC pressures, near the hinge
line at x/c - 0.88, than were measured. The
agreement between the experimental and analyti-
cal results for variation in me and 6e is
best at the inboard stations.
Unsteady. Pressure Results
Winq Pitch Oscillations.- The pressure mag-
nitude and p ase ang a Fesults for wing pitch
oscillation of 0.5 degrees for angles of attack
of 2 and 4 degrees at n - .70 are given in Fig-
ure 7. A peak in the magnitude is evident near
the hinge line. of 80 percent of chord and in-
creases as frequency increases. Due to the lo-
cation of this peak, it apparently is caused by
the motion of the mean shock. An abrupt change
in phase angle occurs at this peak in ^ACf,^.
Another morn dominant peak appear 	 yY	 the
an - 4 d^gree data near the leading edge which
Is less affected by frequency. Due to the loca-
tion of this dominant peak, It probably is caus-
ed by the motion of the leading edge vortex
flow. No significant change in phase angle oc-
curs at this dominant magnitude peak. The phase
distribution for the 4 degree data differs from
the ao - 2 degrees data in that the phase is
negative at the leading edge in the region of
the flow separation.
Control surface oscillations.- Figure 8
shows unsteady pressure magnitude and phase an-
gle results due to control surface oscillation
for several values of amplitude, 6, and fre-
quency, f, for static wing angles of attack,
an, of 2 and 4 degrees.	 A large peak in the
magnitude is evident near the control surface
hinge line. This large peak probably is caused
by both the control surface motion and the mean
shock motion. There are no pronounced effects
on the magnitude of the lifting pressure,
aC 	 due to control surface oscillation fre-
Ugly. . There is a distinct difference in the
Phase angle for the two frequencies of Figure 8.
The phase angle is the same aft of the control
surface hinge line.
Concluding Remarks For The First Model
Some static and oscillatory pressure re-
sults are given for a small range of parameters
at 0.9 Mach number for a clipped delta wing with
a circular arc airfoil.
Calculated steady pressure results from the
Bailey-Balihaus code compared well with the
static experimental data for wing angles of at-
tack or control surface deflections less than 2
degrees. At higher angles of attack, vortex
flow from the sharp leading edge is believed to
preclude satisfactory comparison, since nonlin-
ear conditions for such flow are not accounted
for in transonic small disturbance theory.
The dominant features of the oscillatory
wing pitch results are the changes in the pres-
sure magnitude induced by the motion of the mean
shock, and the motion of the leading-edge vortex
flow at ao • 4 degrees. The phase shift due
to leading edge vortex flow was insignificant.
The effects of oscillato^y control surface
frer,..ency on the magnitude of the lifting pros.
sure were small. A distinct phase shift occurs
forward of the hinge line due to change in fre-
quency of the control surface motion.
SECOND MODEL - HIGH ASPECT RATIO PLANFORM
Wind Tunnel Model
General
The model consisted of a half-bidy fuselage
similar to that of a "wide-body" transport and a
rigid semispan wing representative of current
energy efficient transport designs. The model
was mounted on the tunnel sidewall to a turn-
table mechanism which allowed the mean angle of
attack to be varied (see Fig. 9).
Geometry
A sketch of the wing is presented in Fig.
10. The wing had a leading-edge sweepback angle
of 28.8 deg, an aspect-ratio of 10.76, and a
semispan of 2.286 m. The side of the half-body
fuselage was located at a wing station 0.219 m.
The wing was equipped with 10 oscillating
control surfaces. Figure 10 shows five leading-
edge control surfaces hinged about the 15% chord
and five trailing-edge control surfaces hinged
about the 80% chord. For the wind-tunnel tests
presented herein only two trailing-edge control
surfaces, shown in Fig. 10 by the cross- hatched
areas, were oscillated to generate unsteady air-
loads. These two control surfaces are designat-
ed hereafter as the inboard control surface and
the outboard control surface.
The wing contour was formed from three dif-
ferent suparcriticai airfoils. These three air-
3
t
second and then was averaged for approximately 1
second to acquire a mean value of pressure coef-
ficient for each orifice.
Unsteady Pressure.,
 Data
foci, were located at wing stations 0.219,
'- 0.876, and 2.286 in and had thickness-to-chord
ratios of 0.16, 0.14, and 0.12, respectively.
The three supercritical airfoil shapes are shown
in Fig. 11.	 straight line interpolation along
constant percent chords was used between adja-
cent airfoil sections. The section twist angles
at each station, referenced to a horizontal ref-
.	 erence plane, also are shown in Fig. 11.
Construction
The wing was constructed from aluminum al-
loy and consisted of upper and lower sections.
Each section was stiffened in bending by a boron
filament insert bonded to the internal cutout
area shown in Fig. 12. The sections were perma-
nently bonded together to form a box cross sec-
tion. TMs type of construction produced a
stiff, lightweight wing structure whose funda-
mental frequency (23 Hz) was well above the max-
imum control surface excitation frequency of 15
Hz used during the tests. These requirements
for a stiff, high-frequency wing structure were
dictated by the need to minimize the dynamic and
static deformations of the model due to aerody-
namic loads .
Lightweight control surfaces were construc-
ted using stiff Kevlar-balsawood sandwich mate-
rial thereby minimizing the control surface in-
ertia loads and deformations. A typical control
surface and actuator is sf^own in Fig. 13. Min-
iature hydraulic actuators of the rotating vane
type were used both to position the control sur-
faces statically and to oscillate them at de-
flection angles of s6 deg over a frequency range
from 5 to 15 P.z.
Instrumentation
The model was instrumented with 252 ztatic
pressure orifices and 164 in situ dynamic pres-
sure transducers. Small precision potentiome-
ters were used to measure directly the control
surface angular displacement. The model root
angle of attack was measured by a digital encod-
er that was attached to the turntable in the
wind-tunnel wall. The wing was mounted to a
five-component balance which measured the wing
static forces and moments. Six accelerometers
were installed in the model to detect wing vi-
brations.
Data Acquisition and Analysis
General
Acquisition of data from the large number
of varied sensors located on this model and
analysis of these data in a "near real-time"
manner required the use of a computer. The TDT
facility has a computer uniquely designed and
programmed for this purposes The following
paragraphs describe the data acquisition and
analysis procedures used during the tests.
Steady Pressure Data
Steady pressures were measured using six
48-port scanning valves that were stepped simul-
taneously from port to port. For each measure-
ment, the pressure was allowed to settle for 0.3
Pressure time-history signals from the
transducers were digitized and recorded on mag-
netic tapes for 75-100 cycles of control surface
oscillation. During playback of the digital
tapes, the Fourier components of the data were
determined at the frequency of oscillation of
the control surface. Values of pressure coeffi-
cient magnitude and phase angle relative to the
oscillating control surface position were calcu-
lated for each transducer.
Results and Discussion
General
Data from those tests included bes1te1dy
and unsteady pressure measurements
Although force-balance results are not presented
herein, the drag rise characteristics, along
with the steady pressure distributions do exhib-
it characteristicS expected of supercritical
wing aerodynamics . The following discussions
focus on the steady and unsteady pressure re-
sults for the design condition: M • 0.78, ang
a • 2.05 deg. The Reynolds number was 2.2 x 10
based on the average wing chord. Comparisons
between measured and calculated results are pre-
sented for chordwise distributions of unsteady
lifting pressures.
Measured Steady Results
Chordwise pressure distributions of the up-
per and lower surfaces are shown in Figure 14
for several mean angles of attack. These re-
sults are for n - 0.19 and n - 0.71 at M - 0.78.
The upper surface data show that for n - 0,71 a
shock occurs at approximately 40 percent of
chord for 20 angle of attack.
Lifting pressure distributions are shown in
Figure 15 for several static control surface de-
flections for M - 0.78 and ao " 2.05 0 . These
chordwise pressure distributions are shown for
two span locations (n - 0.19 and 0.71) which are
near the midspan of the inboard and outboard
control surfaces. The inboard results are rea-
sonably smooth and linear for a values between
60 and -60 , whereas the outboard results are not
as smooth and show nonlinear characteristics.
Measured Unsteady Results
Inboard Control Surface Deflection and Fre-
uenc	 Resu s.-	 hor w se	 s r ut ons of
t ng pressures due to oscillations of the in-
board control surface at 10 Hz are shown in Fig.
16 for span stations n - 0.19 and n - 0.71. Re-
sults are given for oscillatory deflection an-
gles a of 2, 4, and 6 deg. First, observe the
results for n - 0.19 which is near the midspan
of the inboard control surface. The lifting
pressure magnitude increases rapidly from a
small value at the leading-edge x/c - 0 to a
peak near the 80% chord (control surface hinge
line) and then decreases very rapidly to a small
value near the trailing-edge x/c • 1.0.
	
The
corresponding phase angle results show a large
phase lag near the leading edge that decreases
to zero near the 65% chord and shows a phase
lead over the rear portion of the chord. The
magnitude of aC increases with control Sur-
face deflection amp litude in an approximate lin-
ear manner over the entire chord. That is, the
magnitude of aCp for 6 • +6 deg is about three
times the value for 6 - +2 deg. The phase angle
results essentially are Independent of the amp-
litude of control surface deflection.
Second, observe the results of n - 0,11
which is near the midspan of the outboard con-
trol surface. Although the oscillating control
surface is well removed from the pressure mea-
surement station, its effect on the unsteady
pressures is significant. The magnitude rises
sharply to a peak near the 25% chord, drops ab-
ruptly to near zero at the 40% chord and remains
near zero to the trailing edge. Except for the
wide excursions in phase angle near the 40%
chord, the phase angle trends for the outboard
station are similar to those at the inboard sta-
tion In that a large phase lag exists at the
leading edge and decreases toward zero going
rearward along the chord.
The chordwise distributions of lifting
pressures for three frequencies of the inboard
control surface oscillating at amplitude of 6
deg are presented in Fig. 17 for n - 0.19 and
n - 0.71. Results are shown for frequencies of
5, 10, and 15 liz which correspond to reduced
frequencies k of about 0.1, 0.2, and G.3. For
n - 0.19, control surface frequency has a much
greater effect on phase angles than on magni-
tudes of unsteady pressures. The largest ef-
fects occur at the leading edge where the 5 Hz
data show a phase lag of about 120 deg. For
n - 0.71, the results indicate the effects of
frequency to be much more pronounced in the
phase angle data than in the magnitude data.
These results show again the significant influ-
ence the inboard oscillating control surface has
on unsteady lifting pressures far outboard on
the wing.
Outboard Control Surface Deflection and
Fre en	 Rose ts.- Unsteady 	 t ng pressure
str ut one or the oscillating outboard con-
trol surface are presented in Figs. 18 and 19.
The deflection amplitudes and frequency effects
show general trends sioilar to those discussed
for the oscillating inboard control surface.
A significant difference, however, is the sharp
hump in the lifting pressure magnitude data near
the 50% chord. Although data for n - 0.19 are
not presented in the figures, neither the magni-
tude nor phase angle data at this station was
affected by the oscillating outboard control
surface.
Comoarison of Measured and Calculated Results
General.- The calculated results presented
herein were obtained from an analysis based on
linear theory for the acceleratiop potential on
zero thickness lifting surfaces. k This sub-
sonic kernel-function method accounts for edge
and hinge line singularities of the control sur-
face. Effects of airfoil thickness are par-
tially accounted for by modifying the local
streamwise velocity. Though not presented here-
In, more extensive comparisons with the experi-
mental results using doublet lattice calcula-
tinns are presented in ref, 15.
Chordwlse Liftin Pressure.- A comparison
between measure an ca cu a il chor:wise dis-
tribution of lifting pressures at n • 0.19 gen-
erated by oscillating the inboard control sur-
face is presented in Fig. 20. These results are
for M - 0.78 and control surface frequency of 10
Hz. The variation of lifting pressure magnitude
per degree and of phase angle, referenced to the
control surface position, is plotted as a func-
tion of fraction of chord. Measured and calcu-
lated magnitude results show reasonable agree-
ment up to the 20% chord. From 20 to 70% chord,
the calculations underestimate the measured data
which are characterized by a broad hump that
peaks near the 50% chord. Calculations overes-
timate measured data behind ti ,e hinge line at
80% chord. The calculated results show a
smaller phase lag than the measured data ahead
of the 40% chord. Aft of the 40% chord, the
calculated and measured phase results are in
goad agreement.
Concluding Remarks For the Second Model
An experimental investigation has been cod-
ducted on an aspect ratio 10.8 supercritical
wing model with oscillating control surfaces.
Selected measured steady and unsteady results
from the wind-tunnel tests have been presented
and discussed. Briefly, the measured results
show that unsteady lifting pressures generated
by oscillating control surfaces are substantial.
In particular, the inboard oscillating control
surface was shown to have a significant influ-
ence on the unsteady lifting pressures far out-
board on the wing. Also, measured data were
compared with calculated results obtained using
a subsonic lifting surface theory. Results in-
dicate a need for prediction methods in the
transonic speed range that are better than the
RHOIV analysis in this study,
THIRD MODEL - RECTANGULAR PLANFORM
Wing Configuration
A photograph of the wing installed in the
TOT is shown in Fig, 21. The wing is attached
to a shaft that extends through a splitter plate
mounted off the wind-tunnel wall so that the
wing root is outside the wall boundary layer.
The shaft is connected directly to a hydraulic
rotary actuator that oscillates the wing in
pitch,
The planform and airfoil shape are shown in
Fig. 22. The unswept wing has a rectangular
planform with a 0.61m chord and a 1.22m span
(panel aspect ratio of 2.0). The airfoil is a
12% thick. (t/c - 0.12) supercritical shape with
a two-dimensional design Mach nLnnber of 0.8 and
design lift coefficient of 0.6. This airfoil
was chosen as being typical of those being em-
ployed on new transport aircraft. The wing tip
was formed by connecting the upper and lower
surfaces with semicircular arcs. The wing pitch
axis is located at the 0.46 fractional chord.
Details of the geometric properties, including
the airfoil coordinates, and the strictural pro-
perties of the wing are presented In Ref. 16.
Instrumentation
Wing instrumentation consisted of 126 dif-
ferential pressure transducers, eight accel-
erometers, and one potentiometer. The trans-
ducers were mounted at four spanwise stations to
measure both steady and unsteady dynamic pres-
sures along chordwlse rows (see Fig. 22) on the
upper and lower surfaces. Both in situ trans-
ducers and transducers utilizing the matched-
tubing technique developeJ by Ti,ideman 17 were
mounted in the wing. Each transducer was refer-
enced to the freestream static pressure. The
potentiometer and accelerometers were used to
measure static and dynamic motions of the wingg.
Details of the instrumentation are presented to
Ref. 16.
Data Acquisition and Reduction
Data from the model instrumentation were
acquired using the TDT real-time data acquisi-
tion system. Steady pressures were measured
using the differential pressure transducers in-
stalled in the wing. One thousand samples of
data at a rate of 300 samples per second were
averaged for each transducer to determine mean
values of pressure coefficient. Unsteady pres-
sures were calculated from transducer time-
history data measured at a rate of 300 samples
per second and recorded on digital tape. A dis-
crete Fourier transf ,,rm of 75-100 cycles of the
data (a minimum of 15 samples/cycle) was used to
determine the first harmonic pressure coeffi-
cient magnitude and phase in relation to the
pitch position of the wing root. The magnitude
and phase measurements from transducers using
the matched-tubing method were determined using
transfer functions derived from calibration data
of corresponding in situ and matched-tubing
transducers.
Test Results and Discussion
As illustrated in Fig. 23, steady and un-
steady pressures were measured" for a large
number of test conditions in the TOT. The fig-
ure shows the wing total lift coefficient plot-
ted against Mach number for angles of attack
ranging from -1 to 7 deg. For the unsteady-data
points (solid symbols) in Fig. 23, the wing os-
cillation frequencies were 5, 10, 15, and 20 Hz.
Some representative results obtained during
these tests are presented. The Reynolds number
based on the chord length is four million for
all data presented.
Steady Results
Upper- and lower-surface steady pressure
distributions at the four spanwise stationsare
shown in Fig. 24 for a Mach number of 0.825 and
an angle of attack of 4 deg. (This is close to
the two-dimensional design condition for the
airfoil.) At the inboard sections (n - 0.31 and
0.59), typical supercritical flow is present on
the upper surface, that is, there is a rather
flat pressure region followed by a weak shock
far aft (0.50 to 0.60 fractional chord) on the
wing. However, for suctions farther out on the
wing, this shock is farther forward toward the
leading edge as a result of the wing tip
effects. Near the wing tip the shock is located
at about the 0.10 fractional chord. The pres-
sure distributions on the lower surface are not
significantly affected by the presence of the
wing tip.
Unsteady Results
Some of the unsteady pressure distributions
measured during the tests are summarized in this
section. The results are presented in terms of
the magnitude and phase angle of the lifting
pressure coefficient. In the Figures (25, 26,
27) presented in this section, curves are faired
through the data points in the region of the
shock to show trends and estimated peak-pressure
(shock) locations.
Span Effects
Pressure distributions at the four spanwise
stations are shown in Fig. 25 for a mean angle
of attack of 4 deg and a Mach number of 0.825.
The oscillation amplitude and frequency are tl
deg and 10 Hz (k - 0.15), respectively. The
pressure peaks vary significantly across the
wing span. By comparison with the steady data
(Fig. 24), it is observed that the pressure
peaks are located near the same chordwise posi-
tions as the upper surface mean shocks. The un-
steady shock strength decreases nearer the tip
region. The phase results in Fig. 25 show that
thepressure is generally lagging the wing pitch
motion (negativo phase) forward of the pitch
axis (0.46 fractional chord) and leading the
pitch motion aft of the pitch axis. For the two
inboard stations where the shocks are located
aft of the pitch axis, the lag-to-lead phase
shift occurs aft of the upper surface mean shock
position.
Mach Number Effects.- Pressure distribu-
tions at e inboard station (n - 0.31) are
shown in Fig. 26 for seven Mach numbers ranging
from 0.4 to 0.85. The wing mean angle of attack
is 2 deg. The oscillation amplitude and fre-
quency are 1 deg and 30 Hz, respectively (Y.
ranges from 0.31 at 0.4 Mach number to 0.15 at
0.85 Mach number). The pressure peak is located
at the leading edge for the low subsonic Mach
numbers but rapidly moves aft as the Mach number
increases. At a Mach number of 0.85 the esti-
mated shock location is near the three-quarter
chord. For the most part, the phase data show
that the pressures lag the motion ahead of the
shock and lead behind the shock.
Oscillation Fre uenc Effects.- Pressure
distributions at t e nboard c Ord (0.31 frac-
tional span) are shown in Fig. 27 for seven os-
cillation frequencies ranging from 2 to 20 Hz
(k - 0.03 to 0.31) and an oscillation amplitude
of 1 deg. The Mach number and mean angle of at-
tack are 0.8 and 2 deg, respectively. The re-
sults show that the frequency effect is large
for both the magnitude and phase. As the fre-
quency of oscillation increases, the magnitude
of the pressure generally decreases forward of
the pitch axis and increases behind the axis.
The shock at approximately the 0.35 fractional
s
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chord coincides with the steady-state shock lo-
cation and appears to decrease in strength as
the frequency increases. The phase results show
that the pressures lag the motion ahead of the
shock and lead the motion behind the shock. The
phase angle generally decreases (pressure lags
the motion) as the frequency increases. This
effect is more pronounced aft of the pitch axis.
Comparison of Measured and Calculated Results
Unsteady pressure calculations weremade
with two theoretical programs, and the results
are compared with measured data. One program is
XTRAN3S, (Refs. 19 and 20), a three-dimensional
nonlinear transonic code using finite difference
methods to approximate a time-accurate solution
from the small disturbance potential equation.
The version of the code used does not include
the effects of viscosity. In order to improve
accuracy and agreement with measured data, the
1TRAN3S results made use of 1) a revised grid
arrangement, and 2) small-disturbance
equation coefficients derived by the National
Aerospace Laboratory of the Netherlands. 23 The
other program used for the unsteady pressure
comparisons is RHOIV2', a linear subsonic lift-
ing surface kernel function theory based on the
acceleration potential. In addition to the un-
steady comparisons, steady pressure comparisons
are made using the XTRAN3S program.
Comparisons are made for calculated and
measured results at a Mach number of 0.7. The
mean angle of attack is 2 deg. The oscillating
amplitude and frequency range for the unsteady
data are 1 deg and 5 to 20 liz (k - 0.09 to
0.36), respectively. Rigid pitch motions were
used in the unsteady calculations. For XTRAN3S
results, the measured wing coordinates were
used.
Steady Results
Comparisons of steady upper- and lower-
surface pressure distributions at the four span
stations are shown in Fig. 28. The comparisons
are good over most of the wing. At all spanwise
stations the XTRAN3S program accurately predict-
ed both the upper-surface pressures aft of the
shock and the lower-surface pressures in the
midchord region. The calculated results deviate
somewhat from the measurements in the leading-
edge region and on the lower surface nearthe
trailing edge. The comparisons in these regions
may possibly be improved by including viscous
effects in the code and by decreasing the grid
spacing for the calculations in this region to
account for the bluntness of this airfoil (see
Fig. 22). A finer grid may improve the upper-
surface pressure-peak definition near the lead-
ing edge.
Unsteady Results
§,a nwise Pressure Com orison.- Unsteady
lifting pressure s r ut ens at two spanwise
stations are shown in Figure 29. The comparison
includes both measured data and results from
XTRAN3S and RHOIV. The XTRAN3S program predict-
ed fairly well the pressure magnitudes at all
spanwise stations in the region aft of the shock
(located near the leading edge). In the region
of the shock the calculations overestimated the
leading-edge pressures at the inboard station
and under-estimated those pressures at the out.
board station. The phase agreement is good over
the forward half of the chord at the outboard
station. The phase calculations at the inboard
station are affected by the overestimated lead-
ing-edge shock and are not in good agreement
with measured values. The phase agreement also
is not good near the trailing edge at both sta-
tions. The RHOiV results of the pressure-magni-
tude show fairly good agreement over the aft
two-thirds of the chord. However, at both span
stations the magnitude is underestimated in the
forward half of the wing and overestimated in
the aft portion of the wing. The leading-edge
shock, of course, is not predicted by the linear
theory. The phase agreement is good over the
forward two-thirds of the wing and, in most
cases, is better than the XTRAN3S agreement. As
With the XTRAN3S results, the phase agreement
near the trailing edge is not good.
Concluding Remarks For the Third Model
Both steady and unsteady aerodynamic data
were measured on a rectangular wing with a 12%
thick supercritical airfoil. The wing was os-
cillated in pitch to acquire the unsteady data.
The purpose of the test was to provide experi-
mental data to assist in the development and as-
sessment of transonic analytical codes. The ef-
fect of the wing tip (that is, three-dimensional
effects) on the pressure distributions is large.
Specifically, the shock location at the outboard
sections is considerably farther forward than
for inboard sections. Mach number also has a
large effect an the shoct strength and location.
Oscillation frequency has a significant effect
on the unsteady pressure magnitudes and phases.
Results from the XTRAN3S nonlinear transon-
ic programs and from the linear RHOIV kernel
function program were compared to the measured
data. The XTRAN3S steady and unsteady results
agreed fairly well with measured data at a Mach
number of 0.7. It is believed that the inclu-
sion of viscosity to the analysis and use of a
finer grid will give better results, particular-
ly at the wing leading edge. The RHOIV unsteady
results were in fair agreement, but, of course,
the location or strength of the shock was not
predicted.
FOURTH MODEL - HIGH ASPECT RATIO
M L S C
Wind Tunnel Model
General
A delay in the NASA program, Drones for
Aerodynamic and Structural Testing (DAST)21,
made the second Aeroelastic Research Wing,
ARW-2, available for this wind-tunnel test. The
elastic semispan wing used in the present study
is the BAST ARW-2 right wing panel. A half-body
fuselage was used to simulate the drone
fuselage. The center section of the fuselage
was similar to the actual drone fuselage in both
diameter and wing location to gonerate the prop-
er airflow over the Inboard area of the wing.
Both the fuselage and the wing were mounted on a
remotely controlled turntable mechanism located
on the tunnel sidewall. Figure 30 shows the
wing and fuselage configuration mounted in the
wind tunnel.
Geometry
The wing planform and instrumentation loca-
tions are shown in Figure 31. The wing has an
aspect ratio of 10.3 with a leading-edge sweep
angle of 28.80 . The wing was equipped with
three hydraulically driven trailing edge control
surfaces, two inboard and one outboard. The in-
board surfaces were held fixed at 0' deflection
and only the outboard surface was deflected
statically and dynamically. The outboard sur-
face hinge line was located at 77 percent of lo-
cal chord.
The wing contour was farmed from three dif-
ferent supercritical airfoils. These three air-
foils were located at the following spanwise
wing stations: the wing-fuselage ,function
(n - 0.071), the wing planform break In - 0.426)
and the wing tip (n - 1.000) and had thickness-
tn-chard ratios of 0.15, 0.12 and 0.11, respec-
tively. The three supercritical airfoil shapes
and wing twist were defined by the design cruise
condition and are described in ref. 26.
Straight line interpolation along constant per-
cent chords was used to define the wing contour
between these three airfoil sections. The wing
construction ,fig shape was derived from the de-
fined cruise shape, the corresponding loading
conditions and the flexibility of the wing
structure.
Instrumentation
The locations of the wing instrumentation
are shown in Figure 31. The instrumentation
consisted of 191 pressure transducers and 10 ac-
celerometers.	 In addition, strain gauges were
located near the wing root to measure bending
moments. Differential pressure gauges were
mounted in each supply line to the hydraulic ac-
tuators of each control surface to measure hinge
moments. Small potentiometers were used to mea-
sure the control surface angular displacement.
The model angle of attack was measured by a ser-
vo accelerometer that was mounted near the wing
root. Both steady and unsteady pressures were
measured using differential pressure transducers
referenced to the freestream static pressure.
Streamwise rows of upper and lower surface pres-
sure orifices were located at six span stations.
The orifice rows were located at n - 0.274,
0.476, 0.599, 0.707, 0.871 and 0.972. The fifth
row at n - 0.871 lies along the mid-span of the
outboard control surface. All of these Surface
orifices were connected to pressure transducers
by matched tubes having an inner diameter of
0.50Bmm and a length of 0.457m. To determine
the tube transfer functions needed to correct
the unsteady pressure data from these matched-
tube transducers, simultaneous measurements were
also obtained from a row of in situ transducers
mounted on the wing upper surface parallel to
the fifth row of surface orifices. Dynamic wing
deflections were determined using the 10 accel-
erometers.
Data Acquisition and Analysis
bats from the model instrumentation were
aL :'red using the TDT real-time data acquisi-
ti, stem.6 The pressure data were acquired
us r .0 hf electronically scanned pressure (ESP)
syste..' The ESP system is a sequential, digi-
tal pressure sampling system equivalent to a
mechanical scans-valve. All data were digitized
to real-time at 250 samples per second and writ-
ten on magnetic tape for later analysis. StatAc
pressures were measured by all 191 pressure
transducers. Each pressure signal was averaged
for 1.2 seconds to acquire its mean value.
Dynamic pressure time histories for the
three outboard rows of surface orifices and ac-
celerometer time histories were recorded for a
minimum of 50 cycles of control surface oscilla-
tion. Discrete Fourier transforms of these time
histories then provided the magnitude and phase
angle at the frequency of the oscillating con-
trol surface for each transducer and accelero-
meter. All phase angles are relative to the po-
sition of the oscillating control surface.
Test Results and Discussion
Steady and unsteady pressures were measured
for a large number of test conditions in the TOT
using Freon as a test medium. The test condi-
tions at which pressure data were taken are
shown in Figure 32. Data were taken at Mach
numbers of 0.6, 0.7, 0.8, 0.85 and 0.88 and at
dynamic pressures of 4.79, 9.58 and 14.37 kPa.
At each tunnel condition static pressure data
were taken for wing angles of attack of -2 to 4
degrees for the control surface undeflected
(6- 0'). Some of the high angle of attack
values were eliminated at the higher dynamic
pressures due to maximum bending moment restric-
tions imposed on the wing. For wing angles of
attack of 0 and 2 degrees the control surface
static deflection, do, was varied from -8 to 8
degrees. Unsteady pressure data was taken at
wing angles of attack of 0 and 2 degrees for
control surface oscillation amplitudes of A
equal to 1, 2 and 3 degrees and frequencies of
5, 15 and 20 Hz.
Steady Pressure Results
Span_ Effects.- Figure 33 shows the steady
chordw se pie distribution at the six span
stations for test conditions of (M - 0.8,
a - 2', q - 4.79 kPa andao - 0') which are
near the design cruise condition. The data show
that a shock is present on the upper surface of
the wing and the shock chordwise location varies
along the span. The steady shock location, in
terms of local chord, moves aft between 27 and
87 percent span then moves forward between 87
and 97 percent span.
Mach Number Effects.- Figure 34 shows the
steady pressure distribuilons at the 87 percent
span station for five Mach numbers for 2' angle
of attack; a dynamic pressure of 4.79 kPa and an
outboard mean control surface deflection, a
of 00 . As Mach number increases, a shock can Be
seen to have formed near 30 percent chord at a
Mach number equal of 0.80 and to move aft to
about 70 percent chord at a Mach number equal to
0.88. Attached flow is indicated at all Mach
numbers except at a Mach number of 0.88 where
the pressure distribution indicates that there
is flow separation on the upper surface near the
trailing edge.
An le of Attack Effects.- The variation of
the stea y	 t ng pressure with angle of attack
at Mach number of 0.80 and dynamic pressure of
4.79 kPa is shown in Figure 35 for the 87 per-
cent span station. The shock develops and mnr:^
aft as the angle of attack increases from -z Lo
4 degrees.
Unsteady Pressure Results
Mach Number Effects.- Figure 36 shows the
variat ono t e unsteady lifting pressure dis-
tribution with Mach number at the 87 percent
span station. The outboard control surface was
oscillated with an amplitude a - 10 about a mean
deflection of ao = 0 at 15 Hz. The magnitude
and phase components of the unsteady lifting
pressure are plotted versus percent chord. For
all Mach numbers a peak in the pressure magni-
tude occurs dust forward of the control surface
hinge line location. An additional peak in the
inagnitude can be seen to occur at the mean shock
location for Mach numbers 0.70 to 0.85 (see Fig-
ure 33). This peak probably is caused by the
shock motion generated by the oscillatory con-
trol surface motion. The mean shock location
can be seen to move aft with increasing Mach
number. The mean shock peak and control hinge
line peak appear to merge at a Mach number of
0.85. The peak in the pressure magnitude near
the control surface hinge line increases with
increasing Mach number through a Mach number of
0.85, but then drops to the lowest value at a
Mach number of 0.88. In addition, no mean shock
peak can be seen in the pressure magnitude at a
Mach number of 0.88.	 These phenomena may be
attributable either to the flow separation which
occurs in the trailing edge region of the wing
at a Mach number of 0.88, or to the transducers
being too far apart near the hinge line to show
the exlstance of a peak.
Frequency Effects.- Figure 37 shows the
variation of the unsteady lifting pressure with
oscillation frequency at the 87 percent span
station. At the upper surface mean shock loca-
tion the magnitude of the unsteady pressure in-
creases with increasing frequency from 5 to 20
Hz except at 10 Hz. The magnitude peak for the
10 Hz oscillation is much greater than that for
the other frequencies, probably because this 10
Hz frequency was very close to the wing first
bending frequency of 8.3 Hz (wind-off).
Wing Deflections
For rigid wing pressure studies, the as-
sumption is made that the wing does not deform,
and therefore only the measured pressure distri-
butions are needed. In contrast, for elastic
wing pressure studies, the above assumption is
not true. Therefore both the measured pressure
distributions and the corresponding measured de-
formed wing shape are needed to define the aero-
dynamic loading characteristics for a given wing
configuration.
In the present study a technique known as
stereophotogrammetry was Used to measure the
static wing deflections. z  The stereophoto-
grammetry deflection results are not available
at this time. However, during these tests some
deflection measurements of the wing tip were
made using a cathotometer instrument focused on
a straight line drawn on the tip of the wing.
Both vertical deflections and angular deflec-
tions of the wing tip were measured at selected
test points. Results of these wing tip deflec-
tion measurements at a Mach number of 0.80 and
an angle of attack of 0 0
 are shown in Figure 38.
The variation of the wing tip vertical deflec-
tion with dynamic pressure is presented at the
top of Figure 38 and the associated wing tip
twist angle is presented at the bottom of Figure
38. Clearly, the elastic wing exhibits signifi-
cant nonlinear tip deflections, with vertical
deflections of over 100 mm and a negative tip
twist of over 3 degrees occurring at the higher
dynamic pressures.
The present study used selectively spaced
accelerometers mounted on the wing to obtain dy-
namic wing deflections for all wing tests of
forced oscillatory motion. A discrete Fourier
analysis was performed on each accelerometer
signal at the known frequency of oscillation to
obtain the amplitude of acceleration which was
then integrated twice to obtain magnitude of the
motion at the corresponding wing location.
Figure 39 shows the wing deflection mode
shape derived from the accelerometer data for
the cases shown In Figure 36. The vertical de-
flection at the elastic axis is plotted for four
oscillation frequencies. The elastic axis is
located mieway between the accelerometers shown
In Figure 31. As mentioned, at excitation fre-
quencies near 10 Hz the coupling of the forcing
function frequency with the wing's first bending
mode caused large dynamic wing deflections.
Testing at 10 Hz was therefore discontinued af-
ter tests at only a few wing and tunnel condi-
tions.
Concluding Remarks For the Fourth Model
Steady and unsteady pressures were measured
on an elastic high-aspect-ratio supercritical
wing. Static and dynamic wing deflections were
also measured. An outboard trailing-edge con-
trol surface was oscillated at various ampli-
tudes and frequencies to obtain unsteady data.
Test conditions covered a wide range of Mach
number from 0.60 to 0.90, dynamic pressure from
less than 2.39 to over 14.37 kPa. Model para-
meters variations included wing angle of attack
from -2 to 4 degrees, control surface mean de-
flection angle from -8 to 8 degrees and control
surface oscillation amplitudes of 1, 2, and 3
degrees at frequencies of 5, 10, 15, and 20 Hz.
Briefly, the steady pressure distributions show
that span location, Mach number and angle of at-
tack have a large effect on the mean shock
strength and chordwise location. The unsteady
pressure distributions show that large peaks in
the pressure magnitude occur due to both the os-
cillatory control surface and to the motion of
the mean shock location. Frequency effects were
shown to be non-linear and exceedingly large if
the oscillatory frequency occurs near a natural
mode of the wing structure. Static tip deflec-
tions were shown to be large (100 mm of vertical
deflnction and 3 degrees of twist) and nonlinear
with increasing dynamic pressure.
Summary
Transonic unsteady pressure measurements at
the NASA Langley Research Center over the Past
decade have been described. Four models which
were tested in the TOT have been described along
with their construction and data gathering
procedures. For each model, some selected re-
sults have been presented, which are representa-
tive of the data base being built.
Though not included in this paper an un-
steady pressure study was completed recently in
rho Langley 0.3m Transonic Cryogenic Tunnel.
T,:ese tests of a 14 percent thick suporcritical
airfoil were conducted to develop and test ex-
perimental techniques for measuring unsteady
pressures in a cryogenic environment at Reynolds
number up to 35 million.
As NASA Langley Research Center enters the
second decade of unsteady pressure measurements,
active studies presently include the following:
1) tests of a novel 2-D airfoil flutter model
mount system which will allow unsteady oressura
measurement on airfoils at subcricicil and
critical flutter conditions, 2) is-t: of a
canard-wing configuration, and 3) follow-on test
of the BAST ARW-2 elastic wing.
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Fig. 13.- Photograph of typical control surface
end hydraulic actuator.
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Fig. 14.- Steady pressure distribution variation
with angle of attack at M • 0.78 for
two span stations.
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Fig. 15.- Steady lifting pressure distribution
variation with inboard and outboard
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M • 0.78 and ao • 2.050.
OUT BOARD CONTROL
na - If
1.0
13
1
s
Oo 6 = 2~
O 6 = 40
0 6. e°
4.
Iwo
f,
.a
.s
n•.N	 n n .f1
	 0 1 • ar
a 1•
.1
O
>o
I
nr►SE
ANGIL it
dq	
IOD Hinge line
•UO^
	
0	 1 .1	 LO	 0
dt	 c
Fig. 16.- Inboard control surface oscillating
deflection results.
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Fig. 17,- Inboard control surface oscillating
frequency results.
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Fig. 18.- Outboard control surface oscillating
deflection results.
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Fig. 19.- Outboard control surfacs oscillating
frequency results.
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Fig. 20.- Comparison of measured and calculated
(RHOIV) chordwise unsteady lifting
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Fig. 21.- Photograph of the third model, rectan-
gular planform mounted in TUT.
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Fig. 24.- Steady pressure distributions at four
span stations; M • 0.825, ao - 4'.
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Fig. 26.- Effects of Mach number on unsteady
lifting pressure magnitude and phase
distribution; n	 0.31, so • 2•.
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Fig.	 27•- Effects of frequency on unsteady
lifting pressure magnitude and phase
distribution;	 M	 •	 0.80,	 n	 -	 0.31,
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liy. 30.- Photograph of the fourth model high-
aspect-ratio planform (elastic) mount-
ed in TDT.
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Fig. 32.- TDT test condition for the fourth
model, high-aspect-ratio (elastic).
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Fig. 35.- Steady lifting pressure distributions
for various angles of attack;
M = 0.80, n ° 0.87, q ° 4.79 kPa,
6 0 ° 0°.
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lifting pressure magnitude and phase
distribution; n
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Fig. 39.- Effect of frequency on wing first
bending mode shape amplitude at the
elastic axis; M = 0.80, a • 20,
q • 4.79 kPa, 6 0	 0 , 6	 10.
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Fig. 37.- Effect of frequency on unsteady lift-
ing pressure magnitude and phase dis-
tribution; M = 0.80, a • 20,
q • 4,79 kPa, 6 0 • 0°, 6 • 1°,
q • 0.87.
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